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Flexible Heat Shields Deployed by Centrifugal Force

Rui Wua,∗, Peter C.E. Robertsa, Constantinos Soutisb, Carl Divera

aSchool of Mechanical, Aerospace and Civil Engineering, UK
bThe University of Manchester Aerospace Research Institute, UK

Abstract

Atmospheric entry aerodynamic decelerators which also provide thermal protection do not scale
well for smaller payloads (e.g. CubeSat) or where the planets atmosphere is significantly less
dense than the Earth’s (e.g. Mars entry). Both cases require heat shields larger than can be
accommodated either within the launch vehicle fairing, or within acceptable payload volumes,
so deployable shields are required. Unlike previous designs proposed to fulfil this requirement
like inflatable structures or deployable solid mechanisms, the presented research addresses this by
utilising inertial force, or specifically, centrifugal force generated from autorotation to deploy and
stiffen a flexible heat shield. Structural dynamic analyses including the trajectory simulation on a
CubeSat sized system has shown that the autorotation and deployment form a closed loop which
reliably leads to an equilibrium of deployment, while the heat shield is near fully deployed at
altitudes higher than 30 km with tolerable spin rate (< 6 rps) and oscillation. Thermal analysis
suggests that a front surface temperature reduction of 100K is achievable on a CubeSat sized vehicle
as unlike inflatable structures, no thermal insulation is needed around the flexible material. This
design concept can realise a lightweight, compact and concise entry system.

Keywords:
heat shield, entry vehicle, deployable aerodynamic decelerator, centrifugal deployment, origami,
aeroelastic oscillation, thermal protection, morphing

Nomenclature

a = ratio of the first stage diameter in the second stage generatrix length

adec = deceleration (m/s
2
)

CD = drag coefficient
d = heat shield thickness (m)
e = surface emissivity
fstruc. = structural natural frequency (Hz)
fpitch = aerodynamic pitching frequency (Hz)
fω = spin rate of autorotation in Hz (Hz)
Ideploy = shell’s angular inertia associated with its deploying motion (kg ·m2)
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Ispin = spin angular inertia of the vehicle (kg ·m2)
k = maximum angle of autorotation per unit descent (rad/m)
l = length along generatrix (m)
L = length, or the generatrix length of the flexible second stage (m)
m = mass (kg)
M = total deploying moment (N ·m)
MFC = Deploying moment caused by centrifugal force (N ·m)
Mg = Deploying moment caused by deceleration (N ·m)
Mload = Anti-deploying moment caused by load (N ·m)
NC = normalised conductivity (W/K ·m2)
Nd = cross-sectional diameter scaling factor
NL = length scaling factor
Nm = mass scaling factor
Nmε

= mass scaling factor for constant stiffness
Nmσ

= mass scaling factor for constant strength
∆p = pressure difference
q = dynamic pressure (Pa)

QC = conductive heat flux through the heat shield thickness (W/m
2
)

QR = radiative cooling heat flux (W/m
2
)

QS = stagnation point heat flux (W/m
2
)

r = radius of a ring element (m)
R = radius of stagnation point surface curvature (m)
S = area (m2)
t = time (s)
T = temperature (K)
v = descending velocity (m/s)
α = angle of attack
θ = deployment angle (rad)
θdstb = deployment angle at a disturbed condition (rad)
κ = effective torsional stiffness of the second stage associated with the deploying motion (N ·m/rad)
λ = thermal conductivity (W/m ·K)

ρ = atmospheric density (kg/m
3
)

ρS = surface density of the heat shield (kg/m
2
)

σ = Stefan-Boltzmann Constant = 5.67× 10−8 W/(m
2
K4)

τ = axial aerodynamic torque (N ·m)
ω = spin rate (rad/s)
ωdstb = spin rate at a off-equilibrium condition (rad/s)
ADEPT = Adaptable Deployable Entry and Placement Technology
DoF = Degree of Freedom
FTPS = Flexible Thermal Protection System
HEART = High-Energy Atmospheric Reentry Test
IAD = Inflatable Aerodynamic Decelerator
IRVE = Inflatable Reentry Vehicle Experiment
LEO = Low Earth Orbit

Subscripts
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front = front surface
back = back surface

1. Introduction

Atmospheric entry reduces the kinetic and potential energy of a spacecraft, allowing soft landing
on a planetary surface. However, the entry process depends on the atmospheric properties, and
the entry system design has to be adapted for various planetary environments as well as payloads.
Current Mars entry systems usually consist of a rigid blunt aeroshell that decelerates the payload
from hypersonic to supersonic speed, and a parachute that deploys at supersonic velocities and lower
altitudes. However, Mars entry requires a low ballistic ratio, m/SCD, to effectively slow down the
vehicle through the thin Martian atmosphere, meaning the size of rigid aeroshells is approaching the
fairing capacity of existing launching vehicles and future missions with heavier robotic systems or
manned vehicles are not achievable using the current rigid aeroshell technology. The quest for a new
system that could enable heavier payloads to be landed on Mars calls for a deployable aeroshell
that can be stowed compactly in a launch vehicle while creating large drag area when deployed
[1, 2, 3, 4, 5]. Meanwhile, a deployable aeroshell could also address the demand for a CubeSat-sized
recoverable platform for in-orbit scientific experiments since a low ballistic ratio is favourable for
thermal control. This is challenging due to the high surface curvature and surface area to volume
ratio of small vehicles. Furthermore, the low ballistic ratio could waive the necessity for a parachute
due to the low terminal velocity. This also enables a single decelerator system that is inherently
safe since it burns up in the atmosphere in case of deployment failure. A few efforts have been
reported in this area [6, 7, 8].

To realise a deployable aeroshell, various designs were investigated during the 1960s and the
1970s. Although very little research has been reported from the mid 1970s to the mid 2000s, the
recent demand for more advanced missions outside the existing systems’ performance envelope has
promoted renewed interest. The Inflatable Aerodynamic Decelerator (IAD) is the most studied
concept, which has seen various adaptations in recent years [9, 10, 11, 12, 13, 14], such as the
Inflatable Reentry Vehicle Experiment-4 (IRVE-4) vehicle shown in Fig. 1a [13]. An IAD forms
a blunt shape using flexible pressure chambers inflated by either internal or external gas sources.
It utilises the superior tensile strength and stiffness of the pressure chambers made from a flexible
fabric, as well as the compressive properties of gas, which is the ultimate lightweight and flexible
material. In addition to IAD, there have been a few published concepts on conventional umbrella-
like mechanisms consisting of rigid structural elements connected by revolving or sliding joints
[15, 16, 17], such as the Adaptable Deployable Entry and Placement Technology (ADEPT) concept
shown in Fig. 1b [18]. Such a structure could allow shape morphing during the entry, and therefore,
enable trajectory control [6, 19].

On the other hand, while both the mechanically deployable structures and the inflatable struc-
tures are deployed and stabilised by elastic forces from solid or gaseous materials, a structure can
also be deployed and achieve stiffness using inertia forces. For example, the increased bending
stiffness of a spinning helicopter rotor is a well-studied phenomenon of centrifugal stiffening [20].
Meanwhile, studies have also shown that centrifugal force can be utilised to deploy large flexible
space structures. Although the lack in internal and external damping is a challenge for flexible
structures in an orbital environment, the Anamya-2 experiment has successfully demonstrated the
centrifugal deployment of a 20-metre wide space mirror [21, 22, 23]. The application of inertia forces

3



(a)

(b)

Figure 1: Two types of deployable entry system concepts, (a) the IRVE-4 vehicle with an IAD [13], (b) the ADEPT
concept with a mechanically deployable heat shield [18].

could open up new types of entry systems that may potentially benefit from the advantages of cen-
trifugal deployment, including being lightweight, compact and needing low power for deployment
[24, 25].

The presented study shows that it is feasible to use centrifugal force to deploy and stabilise
an aerodynamic decelerator by utilising a flexible morphing heat shield that passively regulates its
deployment and centrifugal force. Specifically, §2 provides a very basic comparison between the
mass of elastically and centrifugally supported beams, §3 discusses the design concept in detail
and proposes a baseline CubeSat sized vehicle. Structural dynamic analyses using analytical and
numerical methods, as well as a trajectory simulation on the baseline vehicle are included in §4. The
thermal analyses in §5 shows that the proposed concept also has advantages in terms of thermal
control.

2. Structural Advantages of Centrifugal Deployment and Stiffening

Structural mass is a major concern for space systems. Here a simplified comparison is made
between two types of structures deployed by elastic and centrifugal forces respectively according
to the behaviour of a basic structural element. For an elastically deployed structure, consider a
cantilever beam under a transverse aerodynamic load with a unit load density (thus a constant
dynamic pressure), as shown in Fig. 2a. Consider the nature of aerodynamic load, the overall load
on the beam can be assumed to be ∝ NL

2, where NL is the scaling factor of the beam’s length. The
scaling factor of a parameter means the ratio between the values of the parameter before and after
scaling. Assuming constant material modulus, when scaling the size of the beam up, a constant
deflected shape, thus a constant stiffness can be achieved by keeping a constant aeroelastic-bending
parameter according to the linear beam theory: Nd

4/NL
4 = 1 (according to the aeroelastic bending

similitude parameter from [26]), whereNd is the scaling factor of the beam’s cross sectional diameter.
Similarly, keeping the maximum normal stress constant requires NL

3Nd/Nd
4 = 1 (according to Eq.

5-13 from [27]). Therefore, the mass scaling factor Nm ∝ Nd
2NL for achieving constant stiffness

(Nmε
) and strength (Nmσ

) become:

Nmε ∝ Nd
2NL ∝ NL

3, Nmσ ∝ Nd
2NL ∝ NL

3 (1)

Meanwhile, instead of a cantilever beam, the most efficient way for a rod to carry load by
elasticity is to align the load along the rod axis such as in a truss structure, as shown in Fig. 2b, so
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the material is evenly stressed. To analyse a rod under such a condition, the previous model is used
with the distributed load changed to a force along the rod with its magnitude ∝ NL

2. Ignoring the
effect of buckling for a compression scenario, the similitude of stiffness and strength can be achieved
if the strain/stress in the rod remains constant during scaling, which requires: NL

2/Nd
2 = 1. Then

the mass scaling factors become Nmε
= Nmσ

∝ Nd
3.

(a) (b) (c)

Figure 2: Schematic view of three types of basic structural elements, (a) cantilever beam supported by elastic force,
(b) axially loaded rod, (c) spinning rod supported by centrifugal force.

For a structure deployed by centrifugal force, consider a rod with a mass of m and a length of
L hinged on one end and spins around an axis that passes through the hinged point at a spin rate
of ω, as shown in Fig. 2c. Now apply a uniformly distributed lateral aerodynamic load with a unit
magnitude, and ignore its elastic deformation which has minor effect on the deployment. Statically
the equilibrium can be reached when the deploying moment from centrifugal force, MFC , equals
the anti-deploying moment from the load, Mload, under a certain deployment angle of θ, which is
the angle between the rod and the spin axis. Since the total aerodynamic load is proportional to
L2 as mentioned above, the moment from the aerodynamic load becomes Mload ∝ L3. Meanwhile,
the centrifugal force can be expressed as:

mω2 sin(θ) L (2)

Where the term sin(θ)L is proportional to the radius of the circular motion. Then from equi-
librium, we have:

Mload

MFC
= 1 ∝ L3

(mω2 sin(θ) L · cos(θ) L)
(3)

Where the term cos(θ)L is proportional to the moment arm of centrifugal force. Then the mass
scaling factor for stiffness (or in other words, the condition to achieve a constant deflection θ) can
be calculated by solving Eq. 3 for m while assuming constant ω and θ. The result gives m ∝ L.
The scaling factor for strength can be determined based on the tensile stress in the rod induced by
centrifugal force. According to Eq. 2, this requires:

Nmσ
ω2 sin(θ)NL/Nd

2 ∝ 1 (4)

Assuming a uniform scaling with NL/Nd = 1, we have Nmσ
∝ NL. The results are summarised

in Table 1.
From Table 1, it can be seen that in order to carry a load, the mass of a cantilever beam or

an axially loaded bar has to increase more rapidly with size than a centrifugally deployed rod.
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Table 1: Comparison between a cantilever beam, an axially loaded rod and centrifugally deployed rod.

Condition Stabilisation
force

Mass scaling factor for
constant stiffness

Mass scaling factor for
constant strength

Cantilever beam
Elastic

Nmε ∝ NL
3 Nmσ ∝ NL

3

Axially loaded rod Nmε
∝ NL

3 Nmσ
∝ NL

3

Centrifugally deployed rod Centrifugal Nmε
∝ NL Nmσ

∝ NL

Therefore, to deploy a large heat shield, centrifugal deployment could be advantageous to elastic
deployment in terms of structural mass. Meanwhile, Table 1 only provides the dependence of
mass on linear dimension, while the effects of other parameters on a centrifugally deployed rod are
provided by Eq. 3. For instance, a higher attainable spin rate ω or a lower required deployment
angle θ leads to lower mass.

Besides the mass saving potential for a large vehicle, centrifugal deployment could also benefit a
small vehicle, such as a CubeSat-sized re-entry vehicle, since it eliminates the actuators or pressure
vessels in inflatable or mechanically deployed heat shields and allows a concise system that is self-
regulated (as further discussed in §3).

In addition, since a centrifugally deployed structure could minimise the dependence on elastic
support and be designed to carry solely tension, it can be constructed from materials with low
flexural rigidity. Therefore, it provides more freedom for packaging and is likely to achieve higher
compactness than a solid deployable mechanism.

3. Design Concept

The core of the design concept for the entry heat shield is a flexible thin shell with a spiral
characteristic and a uniform surface density (Fig. 3a). The shape generates an axial aerodynamic
roll-torque that causes autorotation during descent, thus the spiral characteristic of the shape deter-
mines the spin rate at certain descent velocity. Meanwhile, the autorotation produces a centrifugal
force that stiffens the shell but also flattens it (Fig. 3b), thus the spin rate determines the shell’s
deployment under certain external conditions and hence the roll-torque that is produced. There-
fore, the deployment, the characteristic of the spiral shape and the spin rate form a closed loop
that regulate each other. Since the deployment of the shell can flatten the spiral shape and reduce
the induced roll-torque, the roll-torque is self regulating, leading to an equilibrium spin rate.

(a) (b)

Figure 3: Shapes of the shell at different deployed states according to FE (Finite Element) simulations, (a) a partially
deployed state that tends to produce high roll-torques, (b) a near fully deployed state that leads to low roll-torques
and stabilises spin rate.
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The spiral shape shown in Fig. 3 is based on an origami pattern, which allows the heat shield to
be packed into a cylindrical shell with a diameter close to the rigid nose cone of the payload vessel,
as shown in Fig. 4. The packing method is similar to “Wrap-Rib” described in [28]. The ridges
and valleys of the spiral shape are aligned along the folding lines, and the pattern could be tailored
to adapt to different spiral shapes. The spiral characteristics formed by those ridges and valleys
leads to an aerodynamic roll-torque as discussed in Fig. 3. Since the origami guarantees that no
folding lines pass across the ridges and valleys of the shell during folding, the creep of material
(when the shell is packed) will not significantly change the spiral characteristics of the shape. This
could enable longer mission duration and allow packaging prior to the spacecraft assembly.

Figure 4: Deployed (left) and packed (right) configurations of paper prototypes, showing that the origami pattern
upon which the spiral shape is based allows the heat shield to be packed into a cylindrical shell. The first stage that
can rigidify after deployment, as well as the rigid nose cone of the payload vessel are labelled.

(a) (b)

Figure 5: Conceptual design of a vehicle with centrifugally deployed heat shield, (a) front view showing the basic
components, (b) tilted view showing the payload vessel behind the nose cone.

The heat shield is divided into two stages, as shown in Fig. 4. The whole shell can be unpacked
when the first stage deploys, which may be achieved by an inflatable or a mechanically deployable
structure. The first stage becomes rigid after deployment, then the flexible second stage can deploy
by centrifugal force as discussed above and increase the drag area significantly. The first stage not
only enables the initial unpacking, but also assists the second stage deployment since it increases
the diameter and therefore, the centrifugal force on the second stage. In the absence of such a first
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stage, the flexible second stage could be entangled near the spin axis where the centrifugal force is
low as shown later in the discussion associated with Fig. 7. The payload vessel is located behind
the rigid nose cone, which can be a conventional thermal protection system (Fig. 5). Although
the concept contains an elastically deployed first stage, the design could still benefit from the
advantages of centrifugal deployment of the second stage as discussed in §2 and potentially achieve
higher packing ratio and lower mass.

In terms of thermal control, such a heat shield requires a FTPS (Flexible Thermal Protection
System) to protect the structure from aerothermodynamic heating while allowing packing and shape
morphing. The development of IADs has raised similar demand, and various material systems
including ceramic and organic fibres as well as flexible insulating materials have been tested in lab
environment and in flight tests [29, 30]. Meanwhile, unlike the airtight pressure chambers of IADs,
the proposed heat shield is a single wall structure that potentially allows high surface temperatures,
which not only eliminates the requirement for heat insulation, but also allows effective radiative
cooling from the aft surface, which is analysed in §5.

For instance, the heat shield can be constructed using stitched woven ceramic fabrics where the
spiral shape is formed using the stitched seams or local reinforcements along the origami pattern, or
thermally protected elastomers for lower energy missions (e.g. suborbital), where the spiral shape
is formed by material elasticity. Meanwhile, the edge (shoulder) of the flexible shell can be rounded
by a fold hem created by folding and stitching similar to the ADEPT concept to prevent excessive
local heating [31].

4. Structural Analysis

Operation of the heat shield begins after the initial deployment, which rigidises the first stage
and unpacks the second stage. Therefore, the structural analyses presented here are focused on the
behaviour of the flexible second stage during the ballistic entry. To assess the static and dynamic
structural response associated with the deploying-folding motion of the flexible stage, analytical
analysis based on a simplified model as well as FE simulations with higher fidelity were conducted.
A trajectory simulator was also developed, which accounts for the simplified structural dynamic
model and the 3 DoF (Degree of Freedom) trajectory (assuming the shield points stably into the
flow at zero angle of attack).

A sample re-entry mission from Low Earth Orbit (LEO) is used to characterise the trajectory
as well as structural dynamic behaviours of a CubeSat-sized baseline vehicle. The baseline vehicle
has a total mass of 1.3 kg, a cone semi-vertex angle of 60◦, a base diameter of 0.7 m when fully
deployed and 0.125 m when fully packed.

4.1. Deployment

In this section, analytical equations are derived to predict the spin rate and deployment angle at
certain static conditions, which show satisfactory agreement with FE simulations. The equations
also demonstrate the ability of the shell to recover after an instantaneous disturbance, and the
effects of different design parameters are illustrated.

To conduct analytical analysis, a simplified geometrical model similar to the origami shown in
Fig. 4 is made, which consists of panels that are hinged together along the origami’s folding lines,
and allows an axisymmetrical deploying-folding motion with one degree of freedom. Since this
motion is unique, the shapes and orientations of the panels can be determined by geometry using
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solely deployment angle θ, then the aerodynamic pressures on the panels can be calculated using
the Newtonian method.

Similar to Eq. 3, deployment requires:

M = MFC −Mload +Mg ≥ 0 (5)

MFC can be evaluated by dividing the shell into ring elements with the mass of dm (Fig. 6),
then integrating the moment generated by the centrifugal force from each ring element. Each ring
element is assumed to be circular and is perpendicular to the vehicle axis with a certain radius
r = aL+ l · sin(θ). The term cos(θ) · l in the following equation is the moment arm of the centrifugal
force.

MFC =

ˆ L

0

dm · ω2r cos(θ)l (6)

Figure 6: Vehicle schematic view, showing the major dimensions of the rigid first stage and the flexible second stage,
as well as the ring element used in calculation.

Note that the heat shield with a certain spiral shape behaves like an unloaded wind turbine in
autorotation, which has a maximum spin rate proportional to descending velocity:

ω = k · v (7)

Where k is determined by the characteristics of the spiral shape and depends on L, a, and θ
(those variables are illustrated in the vehicle schematic view shown in Fig. 6). It is numerically
evaluated using the simplified geometrical model and Newtonian aerodynamics.

Meanwhile, the mass of the ring element, dm can be expressed as below, where the term 2π ·
[sin(60◦) · l + aL] is the length of the heat shield material around the ring element:

dm = dS · ρS = 2π[sin(60◦)l + aL]ρS · dl (8)

According to Newtonian Aerodynamics, the aerodynamic pressure normal to a surface is [32]:

∆p = ρv2sin2(α) (9)

Then similar to Eq. 6, Mload can be evaluated by integrating the anti-deploying moment caused
by the aerodynamic load, which has a moment arm of l, while assuming the second stage is a conical
surface with a semi-vertex angle of θ.
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Mload =

ˆ
ρv2sin2(θ)l · dS (10)

Where dS = 2πr · dl is the surface area of the ring element, and α (in Eq. 9) is approximated
by θ for simplicity. Higher fidelity analysis has also been carried out to evaluate Eq. 10 using
α determined from the geometrical model, which yields similar results for θ within π/6 ∼ π/3
(30◦ ∼ 60◦). Similarly, Mg can be evaluated by integrating the deploying moment from the inertial
force induced by deceleration, which has a moment arm of sin(θ) · l:

Mg =

ˆ L

0

dm · adec sin(θ)l (11)

The deceleration adec can be expressed as below, where CD can be evaluated using Eq. 9 as a
function of θ.

adec =
qSCD

m
(12)

By substituting Eqs. 6-12 into Eq. 5, the deployment criteria can be derived. In order to
save computational resource, the expression is simplified by setting parameters based on a baseline
vehicle design: a = 0.577, and the mass scaling law m ∝ L3, then some near-linear terms containing
θ are linearised. The result is shown as Eq. 13. According to the discussions associated with Table
2, the linear regression has no significant effect on calculation results, but can considerably reduce
the computation time.

M ≈ v2[k2ρSL(0.573θ + 0.788) cos(θ)− ρ(1.01θ − 0.431) sin(θ)] ≥ 0 (13)

From Eq. 13, it can be seen that a thinner atmosphere, a higher heat shield surface density,
a larger heat shield size, and a higher k are beneficial to the deployment, as all leads to a higher
value of M .

Meanwhile, ω can be determined by substituting Eq. 7 into Eq. 13. The result is shown below as
Eq. 14. For a certain vehicle design, it can be used to calculate the required spin rate ω to achieve
a deployment angle θ under a certain condition of q by evaluating the term on the right hand
side of the equation. However, this equation does not provide information on whether the overall
equilibrium is achieved, since the overall equilibrium also depends on the roll-torque generated at
such a spin rate, or in other words, the dependence of k on other factors, which is numerically
analysed in §4.2.

ω ≈

√
tan(θ)q(2.01θ − 0.861)

ρSL(0.573θ + 0.788)
(14)

To validate Eqs. 13 and 14, a series of FE simulations have been conducted to determine
whether the predicted deployment angles can be achieved under certain conditions. A flexible
second stage is modelled as shown in Fig. 3, which is based on the baseline design of a CubeSat
sized vehicle that has a base diameter of 0.7m, a cone semi-vertex angle of 60◦ when fully deployed,
a total mass of 1.3 kg, an a value of 0.577, and a surface density ρS of 1.1kg/m

2
. The effect of

rotation, deceleration and Newtonian aerodynamic load are taken into account, and static non-
linear simulations are carried out. The results are shown in Table 2, which also corresponds the
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Table 2: Comparison between the deployment angles predicted by the analytical equations before and after linear
regression as well as FE simulations.

Dynamic
pressure

Spin
rate

Deploy. angle
(analytical)

Deploy. angle
(regression)

Deploy. angle
(FE)

Condition

180 Pa 5.2 rps 58◦ 60◦(full deploy) 56◦ Peak dynamic pressure
26 Pa 1.7 rps 55◦ 55◦ 52◦ 35 km altitude
31 Pa 1.6 rps 50◦ 49◦ 46◦ 24 km altitude
43 Pa 1.4 rps 44◦ 42◦ 38◦ 12 km altitude
60 Pa 1.2 rps 36◦ 35◦ 30◦ Sea level

simulated conditions to the flight regimes predicted by the trajectory simulation discussed in §4.2.
The results from the equations with linear regressions are also reported.

It can be seen that the predictions from analytical equations are not significantly changed by
linear regression. Meanwhile, in comparison with FE simulations, the equations over-predict the
deployment angles by no more than 6◦ throughout descent, which is acceptable for providing a
preliminary understanding about the flight performance.

Equations 13 and 14 assume a static condition where the total deploying moment on the shell
is zero. However, disturbances during the flight such as abrupt change in the atmospheric density
or structural oscillation could rapidly change the deployment angle and lead to off-equilibrium
conditions. The stability of deployment, or in other words, the ability of the shell to recover from
disturbance and regain equilibrium is critical to the survivability of the vehicle. For example,
instability could occur after an abrupt disturbance in case more than one deployment angle could
satisfy the deployment criteria under the disturbed condition, e.g. under certain scenario the shell
may rest near the spin axis where the centrifugal force is low. To analyse the possibility of instability,
Eq. 13 can be rearranged to evaluate the deploying moment at a certain off-equilibrium condition:

M ∝ ωdstb
2ρSL · cos(θ)(0.573θdstb + 0.788)− q · sin(θdstb)(2.01θdstb − 0.861) (15)

Assuming the disturbance is instantaneous, ωdstb can be related to ω, the static spin rate
before the disturbance predicted by Eq. 14, according to the conservation of angular momentum:
ω · Ispin(θ) = ωdstb · Ispin(θdstb), where Ispin is a function of θ and can be determined based on the
simplified geometrical model while ignoring the angular inertia of payload (considering the relatively
low radius of the payload vessel).

Then the recovering effect at a disturbed condition can be characterised by the angular accel-
eration of the shell’s deploying motion: θ̈ = M/Ideploy, where Ideploy is evaluated according to

the simplified geometrical model. Thus static stability requires θ̈/(θdstb − θ) < 0, and a θ̈ with
higher absolute value means more rapid recovery. The dependences of θ̈ on a and L are shown
in Fig. 7, where the horizontal axis is the instantaneous deployment angle after the disturbance.
Generally, the design shows that deployment is statically stable, though this does not guarantee
dynamic stability (as discussed later in §4.2 and §4.3). It also worth noticing that the analysis only
considers the rolling motion and deploying-folding motion, while pitch and yaw instabilities are not
considered here.

The recovering effect of heat shields with different sizes and with two different initial equilibrium
deployment angles are shown in Fig. 7a and 7b. It can be seen that θ̈ reduces with increasing heat
shield size as a result of increasing shell inertia. Analysis that is not presented here has also shown
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that the shell surface density has a similar impact. Meanwhile, a higher initial deployment angle
before the disturbance leads to a higher recovering effect due to the higher loads. As shown by Fig.
7c, the size of the first stage has a non-monotonic impact on θ̈. An a value of 0.577, which is chosen
for the baseline design, gives a near optimum overall recovering effect, while instability could occur
when the shell is pushed to a fully folded state of θ = 0◦ if a was zero.

(a) (b)

(c)

Figure 7: The effects of design parameters on the shell’s ability to recover from instantaneous disturbance of de-
ployment angle under a unit dynamic pressure, where a high (absolute value) deploying angular acceleration means
rapid recovery, (a) the effect of size under a 60◦ initial deployment angle before the disturbance, (b) the effect of
size under an initial deployment angle of 40◦, (c) the effect of first stage size with a constant overall size.

4.2. Trajectory Simulation

The equations describing the axisymmetrical deploying-folding motion of the heat shield’s flex-
ible second stage are derived in §4.1. In this section, those equations are used to simulate the
dynamic structural response during a 3 DoF trajectory simulation.

The previous equations can be used to determine the deployment angle according to spin rate
and other internal and external conditions, while how the deployment influences the spiral shape
and thus the spin rate is still needed to simulate the closed loop of the heat shield. Therefore, the
axial aerodynamic torque τ is derived as a function of θ, ω, v and q using the simplified geometrical
model and Newtonian aerodynamics and assuming a zero angle of attack. The result generally
shows that the heat shield is similar to an unloaded wind turbine: spin rate under a condition of
τ = 0 is proportional to axial velocity. Meanwhile, the spin rate at τ = 0 drops linearly to zero as
the deployment angle increases to a fully deployed condition. Such a relation can support a passive
proportional control as described in §3.

The deployment angle can be calculated by integrating the instantaneous acceleration of deploy-
ing motion with respect to time, as shown below. The first integral (deploying angular velocity) is
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set to zero every time when the maximum deployment angle is reached to represent the mechanical
constraint on deployment.

θ =

¨
M

Ideploy
· dt dt (16)

Similarly, the spin rate of autorotation can be determined:

ω =

´
τ · dt
Ispin

(17)

The structural model is then incorporated into a 3 DoF trajectory simulator based on Simulink.
The simulator is developed using Newton’s second law and describes the point mass dynamics of
the vehicle in various reference systems. It assumes zero angle of attack and ignores the gyroscopic
effects from spinning. Such simplification is made as the presented study is focused on the heat
shield’s deployment rather than the full flight dynamics of the vehicle.

The re-entry of a CubeSat sized vehicle with the baseline design from a 145 km orbit at zero flight
path angle is simulated, and the results are shown in Fig. 8. It can be seen that the deployment
angle is above 50◦ through most of the descent until the heat shield reaches an altitude below 25
km. This can be explained by Eq. 13, since the low atmospheric density at high altitude leads to
easy deployment, while at low altitude the shell starts to fold as the spiral shape is unable to provide
sufficient spin rate (insufficient value of k). The reason for the deployment angle to drop at higher
altitude especially during the simulation time from 300 s to 900 s is that the aerodynamic torque
at such high altitude is too low to accelerate autorotation. This phenomenon can be prevented by
adding an initial spin before the re-entry.

Meanwhile, structural oscillation that causes rapid fluctuations in deployment angle can be
seen in the figure. The oscillation’s frequency varies within 0.1 Hz - 10 Hz simultaneously with
dynamic pressure, and is discussed in §4.3. According to the simulation, the peak amplitude of the
oscillation gradually changes during the descent and is always below 6◦, and the oscillation leads
to fluctuations of axial deceleration with a peak amplitude of below 0.05 g at high altitude and 0.3
g at the peak dynamic pressure. Figure 8 has also shown the fluctuations of spin rate, which is a
result of the conservation of angular momentum when the heat shield flutters. The oscillation is
a result of the system’s coupled dynamic behaviours, and is not the focus of the presented study.
Nevertheless, it worth noticing that no structural damping is modelled in the simulator, thus there
is likely to be less oscillation in reality where damping exist.

As shown by Eq. 14, the equilibrium spin rate is proportional to the dynamic pressure at a
certain deployment angle. In Fig. 8 it can be seen that the spin rate increases and then drops
during the first 1800 s of flight, which is a result of changing dynamic pressure. From 1800 s, the
change of spin rate is insignificant due to the generally constant dynamic pressure.

It should be noted that the simulated vehicle enters subsonic flight at ∼1720 s, which is when
the spin rate is dropped to ∼2 rps, and deployment angle starts to decrease from 60◦ (Fig. 8).
Since the simulator is developed using Newtonian aerodynamics, which is not suitable for subsonic
speed, the simulator only provides a rough estimation of the flight after 1720 s.

It also worth noticing that the simulation model does not account for the deploying/anti-
deploying effect from the heat shield material’s elasticity, which is expected to be minor as the
objective of this design is to eliminate the reliance on elasticity and take advantage of centrifugal
deployment. The most eminent effect may occur when the heat shield is near fully deployed (at
higher altitude): since flattening a pre-folded shield made of thick fabric may require a relatively
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(a)

(b)

Figure 8: Trajectory simulation results on a CubeSat sized vehicle with baseline design plotted against (a) simulation
time, (b) altitude, showing > 50◦ deployment angle before reaching 25 km altitude accompanied by structural
oscillation.

high fabric tension, the shield will tend to have a lower deployment angle. However, a less-deployed
shape leads to an increased spin rate due to the aerodynamic roll-torque, which will eventually
deploy the shield to a higher extent.

4.3. Structural Oscillation

To avoid resonance, the structural natural frequency of the flexible second stage must not overlap
with the spin rate and the aerodynamic pitching frequency. In this section, those three frequencies
are analytically assessed, and the former two are also analysed by FE simulations.

The structural natural frequency associated with the shell’s deploying-folding motion can be
calculated using Eq. 18 below, where κ, the torsional stiffness of the shell associated with the
oscillation, can be evaluated by differentiating the total deploying moment M with respect to
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deployment angle θ: κ = ∂M/∂θ. This equation has close agreement with the oscillation frequency
observed in the trajectory simulation. The full equation is not shown here due to its complexity.

fstruc. =
1

2π

√
κ

Ideploy
= F (θ, q, ω, ρS , L,m, a) (18)

To validate Eq. 18, the calculations are compared to the oscillating frequencies observed in the
FE transient structural analyses under various conditions as predicted by the trajectory simulator,
as shown in Table 3. The conditions are: high altitude at 1350 s (No. 1); peak heating at 1580
s (No. 2); peak dynamic pressure at 1620 s (No. 3); near fully deployed at low altitude at 1800
s (No. 4); partially deployed at sea level (No. 5). The shell is assumed to be made of a flexible

material with a thickness of 1 mm, a modulus of 5 MPa, and a density of 1.1g/cm
3

according to
the baseline design. The nonlinear FE transient structural analyses are carried out in ANSYS with
the inertia force (centrifugal and deceleration) and aerodynamic force included, and the shell is
divided into >10,000 shell element. The simulation provides a stabilised oscillation of ∼3 s, and a
variable time-step solver is used with the maximum time-step set to 1/150 s. Running cases with
varied shell material modulus also show that the effect of elasticity is neglectable, proving that the
oscillation frequency is determined by dynamics.

Although the FE simulation uses a flexible model with a much higher degrees of freedom,
the oscillations are always based on the deformation associated with deploying-folding motion.
Therefore, as shown by Table 3, Eq. 18 has satisfactory agreement with the FE simulations except
for conditions No. 1 and No. 5. The reason for these under-predictions is that the analytical model
ignores the effect of elasticity, while as No. 1 and No. 5 are lightly loaded conditions (indicated by
the low spin rates and deployment angles), the structural behaviours are dominated by the elasticity
rather than the external/centrifugal load.

Table 3: Structural natural frequency from analytical analyses and FE simulations.

No. Dynamic
Pressure

Spin
rate

Decele-
ration

Deploy.
angle

Eq. 18 FE simu-
lation

Differ.

1 1.5 Pa 0.43 rps 0.0 g 57◦ 0.77 Hz 1.6 Hz -52%
2 100 Pa 3.6 rps 4.1 g 58◦ 6.4 Hz 5.7 Hz 12%
3 180 Pa 5.2 rps 8.0 g 60◦ 9.0 Hz 9.5 Hz 5%
4 26 Pa 1.8 rps 1.0 g 56◦ 3.2 Hz 3.2 Hz 0%
5 60 Pa 1.2 rps 1.0 g 35◦ 3.2 Hz 4.2 Hz -24%

Equation 18 can be simplified to a function of q and L, by assuming a = 0.577, a fully deployed
condition with θ = 60◦ (which is close to the shell’s condition throughout high-speed regime), the
mass scaling law based on the baseline design m = 94L3, and the shell thickness (thus, surface
density) proportional to vehicle size ρS = 4.58L. The result is below:

fstruc. = 0.160

√
q

L2
(Hz) (19)

Similarly, the spin rate can be simplified to:

fω = 0.0928

√
q

L2
(Hz) (20)
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The aerodynamic pitching frequency can be solved using Newtonian Aerodynamics according to
literature [33]. Consider a fully deployed heat shield, which is the case during most of the descent,
and ignore the angular inertia of payload, which is minor in comparison with the deployed heat
shield, the pitching frequency can be expressed as below with minor approximations:

fpitch = 0.574

√
q

L2
(Hz) (21)

Combining Eqs. 19, 20 and 21, the ratios between the three frequencies for a vehicle with
a = 0.577 at a fully deployed equilibrium condition:

fω : fstruc. : fpitch = 0.58 : 1 : 3.6 (22)

It worth noticing that Eq. 22 is valid regardless of vehicle size and dynamic pressure. Meanwhile,
the frequency ratios can be tuned by adjusting the value of a. Therefore, the preliminary analyses
presented here shows that the vehicle has designable and scalable dynamic behaviour.

5. Thermal Analysis

To provide a reference for the vehicle’s thermal condition, the stagnation point heat flux is
evaluated using the Sutton and Graves Equation shown below that accounts for convective heat
transfer in non-reacting laminar flow [33, 34]. The radiative heating is neglected due to the low
entry velocity from LEO as well as the small vehicle size [32].

QS = 1.83× 10−4 v3
√
ρ

R
(W/m

2
) (23)

Where atmospheric density ρ has unit kg/m
3
, stagnation point radius of curvature R is in

m, velocity v is in m/s, and the constant 1.83 × 10−4 has dimension of kg0.5m−1. Equation 23
is incorporated into the trajectory simulator, which predicts that, as shown in Fig. 8b, at the
simulation time of 1540 s and an altitude of 87.5 km, the heat shield experiences a peak heat flux
of 27 W/cm

2
, which is similar to the peak heat flux on NASA’s High-Energy Atmospheric Reentry

Test (HEART) vehicle, which utilises an IAD [35]. Since the pressure chamber material of IAD
requires a maximum operating temperature of 250 ◦C to maintain air tightness [36], the FTPS in the
HEART vehicle design contains insulating layers and hot gas barriers with a total surface density
of 3-4 kg/m

2
, while the surface density of the temperature resisting front layers is approximately 1

kg/m
2

(estimated based on the properties of 3MTMNextelTM440 BF20 fabric) [35]. This is close to

1.1 kg/m
2
, the heat shield surface density of the presented CubeSat sized baseline design.

In comparison with IAD or conventional rigid heat shields, the centrifugally deployed heat shield
has advantage in terms of thermal control. First of all, the requirement on thermal and hot gas
insulation can be eliminated since the heat shield is a single wall structure with no payload or
temperature-sensitive structures attached onto the aft surface, which leads to a lightweight and
compact system. Meanwhile, the aft surface may effectively participate in the radiative cooling due
to its high temperature, which helps reduce the overall temperature. A simple analysis is conducted
to assess this effect.

Consider a high temperature non-ablating wall under thermal equilibrium, the front surface aero-
dynamic heating QS , the front surface radiative cooling QRfront and the heat conducting through
the heat shield thickness QC should satisfy the relation: QS = QRfront + QC , while the backside
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radiative cooling QRback is in equilibrium with QC , thus QC = QRback . Therefore, from the thermal
transmission equations, we have:

QS = σ efront Tfront
4 +

λ (Tfront − Tback)

d
(24)

λ (Tfront − Tback)

d
= σ eback Tback

4 (25)

Note that λ and d have similar effect on the equations, and can be substituted by a normalised
conductivity: NC = λ/d. Then the front surface temperature Tfront can be resolved, which is a

complicated function of QS , efront, eback, and NC. Assume QS = 27 W/cm
2

according to the
trajectory simulation, efront = 1 as the worst case scenario for backside radiative cooling, then
Tfront can be plotted against eback and NC, as shown in Fig. 9.

Figure 9: Prediction of the front surface temperature of an equilibrium non-ablating wall under 27 W/cm2 heating
against aft surface emissivity and the wall’s normalised conductivity, showing that temperature reduction can be
achieved by aft surface radiative cooling.

Figure 9 shows that considerable reductions of front surface temperature can be achieved if
the heat could be effectively conducted through the shell and radiated from the aft surface. For
instance, the front surface temperature of an adiabatic wall with only front surface radiative cooling
is 1506 K, which can be reduced to 1397 K when eback = 0.5, NC = 500 W/K ·m2 (equivalent to
d = 1 mm, λ = 0.5 W/m ·K), while the aft surface temperature is 1256 K.

6. Conclusions

An innovative deployable heat shield design concept is proposed, which utilises centrifugal force
generated by autorotation to deploy the structure under aerodynamic load. As demonstrated by
simulations, the autorotation and deployment angle regulates each other and achieves a passive
control that lets the heat shield reach an equilibrium deployment state.

Furthermore, a baseline vehicle is designed. This vehicle has a conventional deployable first
stage that is used to induce initial deployment and improve the performance of the second stage.
The flexible second stage is centrifugally deployed and has a shape based on an origami pattern to
initiate autorotation while achieving compact packaging and shape morphing.
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Analytical equations are derived to characterise the structural dynamic behaviours of the second
stage, which have satisfactory agreement with numerical FE and trajectory simulations. It is shown
that at higher altitudes (> 30 km), the heat shield always reaches near-fully deployed conditions,
allowing it to effectively generate aerodynamic drag and survive the aerothermodynamic heating.
Meanwhile, oscillations associated with deploying-folding motion exists throughout the descent.
However, the oscillation amplitude is generally insignificant (< ±10◦), and the frequency (0.1 Hz
- 10 Hz) can be designed to be away from spin rate or aerodynamic pitching frequency to prevent
coupling.

In addition, the heat shield can be lightweight and compact as no thermal insulation is needed
on the flexible components. This also means the flexible heat shield’s temperature can be reduced
as a result of aft surface radiative cooling. For instance, on the baseline vehicle a reduction of 100
K is feasible under the heat flux of 27 W/cm

2
.

The presented research is a preliminary study where simplified models are used to to reveal the
basic performance of the heat shield, especially the baseline behaviour associated with deployment.
The limitations of the models include: the structural model assumes axisymmetrical deployment
and no structural damping; the three degree-of-freedom trajectory simulation assumes zero angle
of attack and ignores gyroscopic effect.
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